
U

tfl

M

y,

a
!-

ILl-7

,4

RESEARCH MEMORANDUM

A DESIGN AND PERFORMANCE STUDY OF THE NUCLEAR
+

DIRECT-AIR-CYCLE SUPERSONIC AIR:_,I,,/iNE, INCLUDING

By 8. V.="_gnson arid-Willlam W, Wachtl

_: .... + _ c,_ _)%,.x-

Lewis Flight Propulsion Laboratory .--v-__O_-'.+.G / _

Cleveland, Ohio _ ,,,_._._.v _\_ _=/ ,,.._ Q

THIS DOC_"T CO_'_IIqS RESTRIC"T_J:_I _-_'__ i-i [ g__"_-

CLO_E OF ITS _TENTS IN ANY _k4J_JgR _
TO AN UNAUTHO_iZ-E-D--PERSON iS_PRO -

S ET

I

I
t

!
1

i
!
I
1
I
I

I
!

!

. I

++

-,5'--

N



NACA RM E55C18

NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

NASA HO_.',{iJ L}L)L:fV]It_"

consists of _.___ pages 7_Th_sdocument

No._Z---

A DESIGN AND PERFORMANCE STUDY OF THE NUCLEAR DIRECT-A_R-CYCLE

SUPERSONIC AIRPLANE_ INCLUDING THE EFFECTS OF OPERATING

TEMPERATURES AND FUEL PLATE MATERIAL AND THICKNESS

By S. V. Manson and William W. Wachtl

SUMMARY

This report presents a study of the effects of high reactor and

cycle temperatures_ and the ef_$ct of thickness of high-temperature
fuel element materials_ on the feasibility of the nuclear-powered

direct-air-cycle aircraft for flight at Mach number of l.S at an alti-

tude of 55_000 feet. Reactor fuel temperatures from 2060 ° to 2960 ° R_

turbine-inlet temperatures to 2600 ° R_ and reactor fuel plate thick-

nesses of 0.07 and O.01 inch were covered in this study. The feasi-

bility is expressed in terms of the airplane grosa weight and the

reactor dimensions requ:red to attain the desired flight performance.

The shield thickness and composition were based on a design that allows

a crew radiation dosage of one Roentgen per hour.

As i_rt of the study, detailed attention was paid to the internal

flow system_ component arrangement and weights_ external aerodynamics,

andj for cases of interest_ the reactor fuel-plate thermal stresses and

shock. Bases for design and the analytical methods employed for cal-

culation are indicated in detail.

On the basis of the assumptions of the report the airplane gross

weights and reactor dimensions required to attain the flight Mach num-

ber of 1.5 at 35_000 feet are:

II
liB

IIIB

Ilia

Material

Metal

Ceramic

Ceramic

Ceramic

Ceramic

Fuel Plate

Temperature; Thicknessj
oR in.

2060 0,0i

2660 .07

2660 .01

2960 .07

2960 .01

Turbine-inlet

temperature_
%

1900

2000

2000

2600

2600

Airplane

gross

weight,

ib

535,000

480j500

4423000

518j000

291,500

Heat release

Btu/sec

520,000

504;000

448,000

370_500

332,000

Reactor

Diameter;ft iLength_ft
l

8.5 1 5.14

8.0 zl _.28

5.5 1 4.05

5.0 I 4.10

i
+ _ .



The compressor pressure ratios at which these results were obtained,

together with results at other cycle operating conditions, and a dis-

cussion of thermal stresses, are presented in the body of this report.

INTRODUCTION

For supersonic flight with the nuclear direct-air-cycle aircraft,

a high reactor fuel-element temperature is desirable. A high fuel tem-

perature may require the use of nonmetallic materials, such as ceramals,

ceramics, and intermetallics. It may not be possible to fabricate these

materials into plates as thin as those possible with metals; hence, some

of the advantages of the higher permissible fuel-element temperature may

be balanced by the smaller amount of heat-transfer surface that can be

installed per unit volume of reactor for these nonmetallic materials.

The principal purpose of the present report was, therefore, to explore

the effects of thickness and temperature of reactor fuel elements on

the feasibility of the direct air cycle for supersonic aircraft_ in

order to obtain some insight into the desirability of a development

program on nonmetallic materials for nuclear reactors.

For the study, flight at 55,000 feet at a Mach number of 1.5 has

been specified. In connection with these flight specifications the

purposes of the present report are:

(i) to determine the reactor dimensions, fuel-plate thermal

stresses, and aircraft gross weight, at the conditions defiued as

cases I, II, and III, listed in the following table:

O%
UD
<D
Oa

Item

Flight Mach number

Altitude, ft

Compressor pressure ratio

Turbine-inlet temperature, OR

Reactor fuel element surface temperature_ OR

Case I ',ase II Case III

1.5 1.5 1.5

55_ 000 55,000 35_ 000

15 15 15, 20, 25

1900 2000 2000, 2500

Fuel element thickness, in.

2060 2660

2960

0.01 0.07

.01

2600

2960

O. Ol

.07

Case I is representative of a system employing metal fuel elements, and

cases II and III represent systems employing ceramic fuel elements.

F
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(2) To arrange the direct-air cycle components in a configuration

which would provide small frontal area of the nacelle, and an efficient

air flow system, toward achievement of purpose (1).

This study was performed at the NACA Lewis laboratory, during the

period February to September 1952.

_O
O_

O7

DESCRIPTION OF SYSTEM

External Configuration

Fuselage. - A schematic view of the airplane is shown in figure i.

The fuselage consists of a conical nose section which houses the crew

and maintains a 50-foot separation between the crew :shield and the

reactor shield; an annular air intake between the cone section and the

main body; a cylindrical main body section which houses the reactor,

shield, and engines; and a conical boattail section which houses the

jet exhaust nozzles.

Shield. - As shown in figure i, the separated shield system com-

prises a water shield around the reactor, a lead shadow shield

between the reactor shield and the crew compartment, a 50-foot air

separation distance between the reactor shield and the crew compart-

ment, and a lead and plastic shield surrounding the crew compartment.

This shield arrar_ement is similar to that shown in reference 13 and

allows a crew radiation dosage of one Roentgen per hour.

Fngines. - Six enzines are ass_Amed located circunn_erentially about

the fuselage center line. Inasmuch as a nonreversing air flow path

from the diffuser to jet nozzles was desired, and inasmuch as long

hollow shafts and suitable bearings were thought potentially feasible,

the compressor and turbine are visualized as straddling the shielded

reactor (fig. i). Pending radiation damage studies, the shafts are

visualized as penetrating the water shield with provisions for water

flow axially through the shaft interiors. This arrangement, which is

shown in figure i and described more in detail in appendix B, was

believed to lead to minimum Weight of the shield and to minimum fuse-

lage frontal area, ducting, and air pressure drop.

Internal Flow System

Air flow path. The internal air flow path between com!_resscr-

outlet and turbine-inlet is shown in figure 2. The visualized components

of the flow path were, in succession, a guide-vaned plenum chamber_ an

end shield upstream of the reactor, the reactor, an end shield down-

-stream of the reactor, and another vaned plenum chamber. The end

shields, sketched in figure S, were designed to provide four S0 ° bends
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in the path of streaming neutrons; moderate reflection at the reactor

ends; good air flow distribution into and out of the reactor; ho

increase in frontal area relative to the side shield, nor superfluous

axial mass; and ease of fabrication. The free flow ratio in the

upstream shield was 0.3_ and the tube size ranged from 1/4 inch at the
i

lowest air flow to i_ inch at the highest air flow considered. Because

the upstream shield free flow ratio was 0.3, the three straight por-

tions of any one tube could be visualized as offset so that no two

straight lengths were in line (fig. 3). The downstream shield free

ratiowas always greater than 0.3, ranging from 0.4 to 0.5 at the high-
est air flows of interest. The increase in downstream shield flow area

was introduced to provide the same pressure loss as in the upstream

shield, with the result that the downstream shield was slightly more

transparent to streaming neutrons than the upstream shield. Tube diame-

ters in the downstream shield were assigned the same values as in the

upstream shield. The tubes were assumed to be externally insulated_

and the space between tubes to be filled by circulating water. The

shield-water cooling system was not considered.

Reactor. - Forty-eight percent of the reactor volume was assigned

to moderator, structure, and insulating materials; the remaining 52 per-

cent was assumed taken by fuel-bearing material and air-flow space. No

detailed reactor surface design was attempted, inasmuch as physical

properties of the h_othetical ceramic were unknownj but for calculation

an arrangement like that sketched in figure _ was postulated. Thus, the

surface was preliminarily visualized as consisting of plateiets in series,

touching at front and rear edges to provide a smooth passage, and con-

taining variable fuel content in successive platelets to provide an

isothermal surface.

O_
U9
<0
Oa

METHODS

Thrust and Drag Determinations

Available thrust. - The available net thrust from the engines was

determined from cycle calculations as shown in appendix B, equa-

tions (B32) and (B33), based upon the temperatures, pressure ratios,

and losses in the system (see appendix A for symbols):

(Fn)avail - <_a v ]wa (B32)

where

SECRET
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w-7= Cv - (B33)

Required thrust. - The design point fuselage and component sizes,

weight, and aerodynamic drag were determined as functions of reactor

size and air flow by the methods shown in appendix B. From the drag

and gross weight calculated, the total required thrust for level flight
was determined as follows:

(Fn)re q = Dw + DF + Dt (BI)

The wing drag Dw is a function of the airplane gross weight and the

wing lift-drag ratio. The tail drag D t was assumed to be i0 percent

of the wing drag. Therefore:

i.i Wg

(Fn)re q = _ + DF (BI2)

where the wing lift-drag ratio, which was determined as shown in appen-

dix B to be 8.3, was assumed to be constant for all operating condi-

tions. The components of the fuselage drag DF are given by equa-

tions (BI8), (B20), and (B23), and include the drag of the nose section,

main body_ and boattail. (Sketches of these sections are shown in

figs. 5 to 7.) Thus, on adding the component drags,

DF = Dnose + Dy + D z

Procedure. - The values of total thrust, (Fn)re q and (Fn)avail,

were calculated for three reactor surface temperatures TS, four

turbine-inlet temperatures T5, three compressor pressure ratios P2/PI,

two fuel plate thicknesses _, a range of reactor diameters dR, and a

range of air flows per reactor fro_ital area Wa/A R. For each combina-

tion of TS, T5, P2/PI, g, and dR, both (Fn)avai I and (Fn)re q were

plotted against Wa/AR, as shown in figure 8. The intersection of the

curves of (Fn)avai I and (Fn)re q determined the minimum air flow Wa/A R

and the thrust necessary to fly the airplane. (Curves of specific

thrust, (Fn)avail/wa and (Fn)req/Wa, are also presented, and the infor-

mation from this plot is discussed in the section "Results and Discus-

sion.") The airplane gross weight Wg, total engine air flow Wa, and

reactor heat release Q were then obtained at the determined value

SECRET
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of wa/AR, and the values of air pressure drop Ps/P2 and reactor
length corresponding to Wa/AR were also determined. These values
were then plotted against reactor diameterj as shownin figures 9
to 12_ thus giving a series of design-point airplanes as a function
of reactor size for the range of operating conditions considered.

Heat Transfer

Heat-transfer equations. - The average heat-transfer coefficient

in the smooth-passaged reactor was computed by the formula in
reference 2

havde _ O. 034

K_ (_/de)O.t Pr_ 0"4 Re_ 0"8
(i)

It was assumed that at _/d e = S0 the surface was interrupted and

the boundary layer started anew_ hence the formula becomes:

havde
-- = 0.023 Pr]_ 0"4 Re_ 0"8 (2)

where

Cp _
Pr_ =

w a de Tav

= TaTT

._ 1

Tav= (¢3+%)

(Tav + TS)

T_ - 2

Specific heats and viscosities were obtained from reference 3. Conduc-

tivities were obtained from reference 4_ if used in formula (2), these

conductivities result in heat-transfer coefficients that are approxi-

mately i0 percent optimistic and hence tend to present the dimensions

of the direct-cycle reactor in a slightly favorable light. The rela-

tion employed for computing the required surface per reactor frontal

area at constant wall temperature was

(3)

(Y)

LO

tO

OJ

SECRET
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C_

O7

havSR

WaCp _av

in which total temperatures appear because the formula for hav is

based on total temperatures; or

!n
AR k, hay ,]k,AsJ

(4)

Equivalent diameter of reactor flow passage. - In order to use

equation (4)_ a knowledge of the equivalent diameter de of the reac-

tor flow passage was necessary, as indicated in equation (2) for the

heatltransfer coefficient hav. The equivalent diameter was taken as

de - = 4CC_R
heated perimeter

(5)

For a plate of thickness _ inch_ the surface-to-volume ratio is

SIR 24 ft 2

vR _ _ ft 5
(6)

If the frontal area occupied by air passage plus fuel plate is

0.52 AR, and if the frontal area of the air passage alone is _AR, the

plate vol_ne is

vR = (0,52 - o_)(ARZR) (z)

From equations (6) and (7)

sR  4(o. 2 - cOzR

On substituting equation (8) into (5),

(This value of de

friction.)

de = [ .52 - (9)

was also used in computing the pressure drop due to

Reactor surface and length. - From equations (9), (2), and (4),

SR/AR was obtained; and when a dR was prescribed; the total reactor

heat-transfer surface was determined.

SECRET
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From equations (6) and (7) the reactor length is

_ _ SR i
(lO)

The design procedure consists in prescribing e, _, TS, TS, T4_

and wa/AR, and using the indicated equations. Calculations were made

for e of 0.01 and 0.07 inch; a from 0.36 to 0.51_ T S of 2060°_

2660°, and 2960 ° R; and T5 of 1345 °, 1465 °, and 1565 ° R corresponding

to the assumed P2/P1; T4 of 1900°, 2000 °, 2300 °, and 2800 ° R; and

Wa/A R from 15 to 80 pounds per second per square foot.

O_

_D
Oa

Pressure Drop

The air flow path shown in figure 2 is characterized by 90 ° bends

in sections AB and ST; sudden contractions in sections BC, IJ, and LM,

miter bends in sections DE_ FG, NO, and PQ; sudden expansions in sec-

tions HI_ KL_ and RS, and straight ducts of constant flow area in sec-

tions CD, EF, GH, JK, MN, 0P, and QR. The relations employed to evalu-

ate static pressure changes in the various sections are listed below.

90 ° bends. - For a suitably vane-guided 90 ° bend_ 20 percent of the

local velocity head was assumed lost (ref. 5).

Miter bends. - For two 50° miter bends in series_ 25 percent of the

local velocity head was assumed lost (ref. 6).

Sudden contraction. - For sudden contraction of a compressible

fluid, the following equation was employed:

(The origin of this equation is indicated in appendix C.)

(C15)

This equation

was solved graphically for pd/Puj and the downstream static pressure

was then computed by the relation

SECRET
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tO
O-;
(D
tO

Vena contracts. - After contraction_ the static pressure was

charged with the vena contracta loss associated with a slightly rounded

entrance, that is, i0 percent of the downstream velocity head (ref. 7).

Subsonic sudden expansion. - For subsonic sudden expansion into a

chamber of an axial depth of approximately 4.5 equivalent diameters of

the upstream passage, full pressure recovery was assumed (ref. 8) and

the following relations were used:

p__= (1+_%2) _ 4(i+_%2)2 _. (_+1)(_%)2[2+(__i)%2](C_l)
Pd (r+l)(_) 2

-- = i + y_Mu2 - _
Pu

(The origin of these equations is indicated in appendix C. )

(ClO)

Straight duct. - For a straight duct of constant flow area 3 the

fluid static pressure was first reduced by 9 percent of the local veloc-

ity head to account for the portion of the flow work converted to the

kinetic energy of a turbulent velocity profile, and then the passage

static pressure drop was computed by addition of the skin friction and

the over-all rate of momentum change for a compressible fluid; this

procedure fits very well the experimental results of reference 2 in the

Reynolds number range of interest in the present study. The skin fric-
tion relation is

_pf : 4 f_ <dW_oavg t_)

where

O.046

f_ : _G3de tav_ 0"20

0_+ 04

Pav- 2

t3 + t4

tav - 2

tav + tS

t_ = 2

(Ii)

SECRET
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The momentumrelation is

The relation

g_Pm= p3g
(12)

Ap : Apf + glpm (13)

solvedgraphicallyfor p3/p4.Equations(n) to(13) pplytothe
reactor and the straight portions of the shield tubes.

Interruption loss. - As indicated in the section "Reactor Heat

Transfer," the reactor heating surface was assumed to be interrupted

at each Z/d e of 50. These interruptions were accounted for by charg-

ing the inlet pressure with as many times the velocity profile energy

conversion (as discussed under straight duct flow) as there were

interruptions.

O_
LO
_O
O4

Thermal Stress

The thermal stresses were evaluated by the method of reference 9j

as discussed in appendix D.

RESULTS AND DISCUSSION

The selected components and their arrangements have been described

under "System" and in figures 1 to V. The results of performance cal-

culations are presented in figures 9 to 23. As stated in the "Intro-

duction," the calculations were made for cases I_ II_ and III defined

as follows:

Variable

Flight Mach number, M0

Altitudej ft

Case I
l.S

353 000

15

Case II

1.5

 s ooo
15

Case IIl

1.5

35_000

15, 20_ 25Compressor pressure ratio_ P2/PI

Turbine-inlet temperature, T5, OR 1900 2000 2000_ 2300
2600

Reactor fuel plate surface temperature, 2060 2660 2960

TS_ OR 2960

Fuel plate thickness_ _ _ in. 0.01 0.07

•Ol

O. Ol

.07

SECRET
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Case I_ metal system. - The conditions of case I are representative

of a system employing metal fuel elements. By the procedures indicated

in the section "Methods" and in figure 8, a series of reactor diameters,

reactor lengths_ reactor heat releases, and aircraft gross weights were

obtained and are indicated in figure 9. Figure 9 shows that for the

operating conditions of case I the minimum reactor diameter is about

9.S feet for a length of 3.25 feet. The corresponding reactor heat

release is 520,000 Btu per second, exclusive of heat generated in the

moderator; and the aircraft gross weight is 535,000 pounds. Figure 9

therefore indicates an incentive to achieve higher fuel element temper-

atures, in order to achieve small reactor diameters, reactor heat

releases_ and airplane gross weights. The results of the studies of

cases II and III_ which are representative of systems employing refrac-

tory materials, are accordingly discussed in detail as follows.

Case II - Performance with Ceramic Fuel Elements at

Essentially Feasible Operating Conditions

Figures i0 to 12 represent data calculated for operating conditions

regarded as feasible without much development of existing components.

A plot of the type shown in figure 8 provides accurate intersection

points for defining the operating conditions for flight. An alternate

plot_ which gives the same intersection data but permits a more general

insight into the nature of the system is shdwn in figure i0, which pres-

sents Fn/W a as a function of wJA R. The solid curve of figure i0

represents (Fn)avail/wa; and inasmuch as (Fn)avail/W a depends only upon

the temperature and pressure level and is independent of the external

configuration, a unique curve is obtained regardless of dR. The broken

horizontal line represents the Fn/w a that would be available if there

were no pressure drop in the internal flow system (33 ib-sec/ib). The

solid curve_ representing the available Fn/Wa_ is concave downward

with a curvature that increases, because of increasing pressure drop,

as wa increases toward the choking value (choking value is not shown

in the fig.). The dashed curves represent the (Fn)req/Wa, obtained

from equation (BI2), for a series of dR values. Figure 8 showed that

the (Fn)re q curve is nearly linear with Wa; consequently, (Fn)req/W a

shown in figure i0 is nearly hyperbolic with wa and levels off as w a

increases. It may be seen_ therefore 3 from figure i0_ that dR values

much smaller than 8 feet are not feasible.

SECRET
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Relation between reactor diameter and performance parameters. -

Figure ll(a) is a plot of the minimum feasible wjA R against the

values of dR obtained by intersection of the required and available

F n curves of figure i0_ and figures ll(b) to ll(h) show the correspond-

i_g values of ZR , p5/P2, Fn/Wa_ Wsh , Wa, total engine weight, and total

engine thrust. As dR decreases from i0 to 8 feet_ wTA R increases

from 55 to 60 pounds per second per square foot (fig. ll(a))_ _R

increases from 2.92 to 5.25 feet (fig. ll(b))_ PiP2 decreases from

0.885 to 0.655 (fig. ll(c)), (the component pressure ratios entering

into P5/P2 are also shown in fig. ll(c))_ Fn/W a decreases from

51.6 to 26.5 (fig. ll(d))_ Wsh decreases from 205,000 to 180,000 pounds

(fig. ll(e))_ w a decreases slightly from 2750 pounds per second and

then increases to 500.0 pounds per second (fig. ll(f))_ the engine weight

follows the air flow variation and ranges from 76,000 to 87_000 pounds

(fig. ll(g))_ the F n decreases steadily from 87,000 to 79_000 pounds

(fig. ll(h)) because Fn/W a decreases more rapidly than wa increases.

The opposing influences of decreasing Ws h and increasing engine

weight are reflected in Wg shown in figure 12_ which also shows the

corresponding Q and airplane L/D. The value of Wg decreases to

a minimum of about 480,000 pounds as dR decreases to _ feet and then
4

increases as dR decreasesfurther. In spite of the increase in Wg

and decrease in Fn_ flight remains possible with dR between 8_ and4

8 feet because the airplane L/D increases from 5.86 to 6.16 in this

range of dR . For dR smaller than 8 feet, however, the increase in

L/D is not enough to compensate for the rising engine weight and fall-

ing Fn_ hence _ flight ceases to be possible. The reactor power output

in the range of operable dR follows the variation in Wa_ and is seen

to have a minimum of about 49_,000 Btu per second at a _41-foot dR_

thus_ for the assumed operating conditions_ Q is essentially I Btu

per second per pound of Wg. (This power output neglects losses to

the moderator.)

In order to present a more detailed picture of the foregoing

results_ a specific dR was selected from a study of figures I0 to 12_

and case IIA of table I was prepared. The 8.S-foot dR indicated in

case IIA of table I was selected by a compromise between the require-

ment of low Wg_ near minimum dR3 and relative insensitivity of the

performance parameters to dR .

SECRET
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Gains from currently feasible ceramic fuel elements (case IIA). -

It may be seen from a comparison of cases I and IIA (figs. 9 and 15)

that if a ceramic fuel element is used, instead of the metal element

of case I, the higher permissible T S (2660 ° R) permits an increase

in T5 from 1900 ° R to 2000 ° R, which is approximately the temperature

limit for uncooled turbines. The gains from the higher TS and T5

are a reduction of i foot in dR, a reduction of about 40,000 pounds

in Wg, and a reduction of about 25_000 Btu per second in Q. These

gains are achieved in s/ite of the O.07-inch ceramic fuel plate thick-

ness, as compared with the 0.01-inch metal plate thickness.

Effect of ceramic fuel plate thickness. - It is of interest to

determine whether a large reduction in ceramic plate thickness produces

significant further gains over the performance of case IIA if P2/PI,

TS, and T S are left unchanged. Accordingly, computations were made

for a ceramic plate thickness of 0.01 inch, herein designated as

case liB, and the comparison of cases IIA and liB is shown in figure iS.

The analysis for case liB showed that with the 0.Ol-inch ceramic

plate the minimum suitable dR is about 8 feet. Figure IS shows that

for the 8-foot dR the corresponding Wg is 442_000 pounds, Q is

450,000 Btu per second, and ZR is 3.28 feet. Thus, for approximately

the same ZR in cases IIA and IIBj the reduction in _ from 0.07 to

0.01 inch results in a decrease of about half a foot in dR and

38,000 pounds in Wg. (Substantial gains from thin plates are indicated

when the thermal stresses are considered in the following section.) A

more detailed picture of case lIB is shown in table I.

Thermal stress. - The experimentally determined (ref. i0) thermal

conductivity K of molybdenum disilieide MoSi 2 in the temperature

range 700 ° to 1460 ° R is shown by the solid line in figure iA(a). In

the indicated temperature range, K is linear with temperature and

decreases substantially as temperature increases. The indicated sub-

stantial decrease in K suggested that K might be quite low at the

high TS herein investigated, and might be decreasing further in the

plate interior. When K was extrapolated to temperatures of about

3000 ° R, several variations were considered; dotted lines joining the

K value at 1460 ° R to several possible values at 2960 ° R are shown in

the figure.

The steady-state thermal stress at the surface of a heat-generating

plate of linearly varying conductivity is shown in figure 14(b). The

figure is from reference 9 and presents the dimensionless surface stress

SECRET
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_s(l- _)/_ESs over a range of values of q'''_2/8K_eS" for several pos-

sible values of the ratio KpS/K_e. By use of this figure, and on the

basis of the method discussed in reference 9 and appendix D; steady-

state thermal stresses for several possible conductivity variations

were computed for the reactor presented in case I of table I of this

report. These computed values are rounded to three figures in the

following table.

STEADY-STATE STRESS AT PLATE SURFACE NEAR REACTOR INLET

Reactor

identity
I

Case IIA

Case IIB
]

Plate

thickness;

g,

in.

O. 07

0.01

hav_

Btu

sec ft 2 OR

q'"  2/8 eesl
hav Kpe

4 Be
0.015830.0723

0. 0600 0.001877

0. 312

•500

i. 00

0.512

•500

i.00

os(l-v)
_E8 s

0.03787

.02177

.01056

0.004066

.002512

.001252

21,600

12,400

6;020

2,320

1,450
715

The table shows that if the properties of fuel-impregnated MoSi 2

are the same as those of pure MoSi2; and if the slope of the conduc-

tivity line of pure MoSi 2 remains constant throughout the range 700 ° to

2960 ° R (Kps/Kpe = 0.512), the steady stress at the surface of the

O.07-inch plate, if elastic, would be 21,600 pounds per square inch.

If the conductivity variation flattens out with temperature, the

elastic stress would be lower. The table, together with figure 14(b),

shows that except at very low values of Kps/Kpe the reduction in

stress is almost directly proportional to the improvement in conduc-

tivity and, for constant heat-transfer coefficient and air temperature,

is also almost proportional to the decrease in plate thichuess. Thus it

is seen that a substantial reduction in stress occurs from reduction of

plate thickness or improvement in thermal conductivity• (Further

investigation is required to determine whether the actual magnitudes

of the tabulated stresses are valid, because at the 2660 ° R surface

temperature postulated for case II the thermal stress might be largely

relieved by creep of the material. Basically the tabulated stresses

indicate the desirability of determining experimentally the thermal

conductivity and creep properties of fuel-impregnated MoSi 2 at the

elevated temperatures herein postulated for the reactor calculations.

For other high-temperature materials of the same thickness and temper-

ature, the stresses would generally be different from those computed

for MoSi2, while the reactor dimensions for a prescribed reactor heat

release would be the same.)

O_
uO
:-O
O4
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Thermal shock. - The question of the thermal shock that might occur

on emergency shut-down of the reactor is of interest to consider. The

precise evaluation of the shock requires a knowledge of the air flow and

temperature existing in the reactor in the first fractions of a second

following reactor shut-down. In the absence of such information_ a

reasonable first approximation is to assume that both the air flow and

the air temperature are the same as in the steady state. It is shown

in reference 9 that if the cooling conditions at the surface are the

same in the steady and initial transient states_ the maximum stresses

are equal in the steady and in the transient states; hence, as a first

approximation the thermal shock is no more serious than the steady-state

thermal stress. Reactor after-_eat would tend, also, to alleviate

thermal shock.

Remarks on cases I and II. - It is of interest that if the thermal

stress can be shown experimentally to be tolerable, then flight with

the direct-air cycle at 35,000 feet at M = 1.5 is theoretically pos-

sible with engine and reactor components that may be feasible without

much developmellt work (cases I and IIA).

It is noteworthy that the operating conditions of cases I and II

favor Wg at the expense of fuel investment. For example_ the assump-

tion of an isothermal reactor wall, which leads to shorter reactors_

implies a relatively high fuel investment. Further, the reactor

diamet@r-to-length ratio dR/_ R of about 3, obtained for cases I and II_

is also not optimum from a fuel investment viewpoint. Changes in dR/Z R

obtained by changes in ZR lead to undesirable results. (It may be

shown that _R values greater than 3 feet, obtained by increases in _,

lead to an undesirable increase in Wg. Reactor lengths shorter than

3 feet, with resulting slight reductions in dR and Wg, are possible

by reducing _ but the resulting dR/Z R increases, and the fuel

investment would also increase.) Hence, better values of dR/_R must

be obtained by decreases in dR . If TS, T5, and P2/PI are limited

to 2660 ° R, 2000 ° R 3 and 15, respectively_ remaiming factors that might

lead to smaller dR by reducing pressure drop for a given air flow are

shield free flow ratio and shield tube diameter_ which were not opti-

mized in this analysis. The assumed free flow ratios of 0.3 and

about 0.4 in the upstream and downstream shields, respectively, for

the indicated operating conditions may be unnecessarily conservative.

The upstream shield pressure drop would decrease by 40 or 60 percent

if the free flow ratio increased to 0.@ or 0.5; the downstream shield

pressure drop would decrease by 35 percent if the free flow ratio

increased to 0.5. (For a fixed number of shield-tube bends_ an increase

in the shield free flow ratio implies an increased alinement of alter-

nate straight portions of the tube.) The shield pressure drop would

SECRET
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also decrease if the number of 30 ° bends were reduced from four to two.

A determination of the largest shield free flow ratio and minimum num-

ber of bends compatible with neutron shielding for a shield construction

as shown in figures 2 and 3 would be desirable. Shield pressure drop

might also be reduced by increasing the shield-tube diamter; which for

the indicated operating conditions was about i inch at wJA R area of

about 50 pounds per second per square foot.

Case III - performance at more optimistic operating conditions. -

As T S increases and g decreases; the required _ to yield a pre-

scribed _R may be expected to increase. The resulting decrease in

reactor pressure drop and improvement in the remaining cycle performance

parameters make possible a decrease in IR. Furthermore; it was evident

from figures i0 to i3 that if the level of (Fn)avai I were increased by

increasing the operating temperature_ and if the pressure drop were

decreased_ the minimum operable reactor diameter could be decreased.

Consequently; a preliminary evaluation has been made of the incentive

to develop reactor and turbine materials of higher operating tempera-

tures, fuel plates of lower thickness_ and compressors of higher pres-

sure ratios than those currently available. For this phase of the

study; a TS of E960 ° R and _ of 0.01 inch were assl_od, and TS of

2000o; 2300°; and 2600 ° R and P2/PI of i5; 20; and 2S were explored.

In addition; _ was examined in considerable detail for determination

of suitable values.

Selection of reactor free flow ratio. - The reactor design calcu-

lations indicated that ZR was extremely sensitive to _. In order

to determine whether the over-all aircraft performance was equally sen-

sitive to _; Wg and Q were determined as functions of ZR at the

following operating conditions: TS = 2960 ° R_ P2/PI = IS; TS = 2600 ° R_

= 0.49 and O.SO. The results of these calculations are shown in fig-

ure I5. It is seen that for _ of 0.50_ ZR is approximately 6 feet;

and substantial decreases appear desirable. A decrease in _ to 0.49

results in a decrease of about S feet in IR; and in a decrease of

about 50,000 pounds in Wg. Thus if substantial decreases in IR are

possible; Wg is sensitive to _. (If _R is already in the neighbor-

hood of 3 ft; however; substantial decreases in" _E are not desirable

from a fuel-investment viewpoint.)

In cases I and II; dR values of approximately 9 feet were obtained

when ZR was about 3 feet_ chosen to favor Wg at the probable expense

of fuel investment. Inasmuch as the use of higher TS; higher TS; and

smaller s favors smaller dR (about $ ft, fig. 15),-_R between 2 and

O_
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feet appeared to be suitable for case III from the viewpoints of fuel

investment and Control, as well as Wg. The values of _ were chosen

from the data presented in figures 16 and 173 which show ZR as a

function of wJA R at various _ values. Figure 16 presents data

for a constant P2/PI of 15 and TS of 2000 °, 2300 ° , and 2600 ° R;

figure 17 presents data for a constant T5 of 2600 ° R and P2/PI of

iS, 20, and 25. From figure 16, _ was selected to be 0.5 for T5 of

2000 ° and 2500 ° R_ and an _ of 0.49 was selected for a T5 of 2600 ° R.

From figure 17 an _ value of 0.5 was selected for all three values

of P2/h 20, and

Effect of turbine-inlet temperature. - Figure 17 is analogous to

figure i0 of case II and shows ±he curves of available and required F n

as functions of wa/AR for T5 of 2000 ° , 2300 ° , and 2600 ° R, at a

P2/PI of IS_ and for dR of S_ 7, and i0 feet. The value of _ at

each T 5 is also indicated on the figure. The solid curves, repre-

senting (Fn)avail; are uniquely determined by the temperatures and pres-

sures of the system. The dashed curves in the figure represent within

±3 percent the (Fn)req at the indicated dR and TS. ((Fn)re q at any

dR varies slightly with T5} for clarity in fig. 16_ curves of average

(Fn)req are presented.) Figure 18 shows that as T5 increases from

2000 ° to 2600 ° R, the maximum available Fn/wa increases from about

30 to about 60 pound-seconds per pound; and the minimum operable dR

decreases from about 7 to about 4 feet.

Figure 19 shows the values of performance parameters as functions

of dR for the same operating conditions as listed for figure 18. In

figure 19(a) are shown Wa, total engine weight, ZR, and Wsh. This

figure shows that at each value of T5; w a decreases steadily to a

minimum as the operable dR decreases_ and the total engine weight

follows the variation in wa. The figure also shows that although ZR

increases_ Wsh steadily decreases, as operable dR decreases from

large to minimum values at each value of TS.

As T 5 increases from 2000 ° to 2600 ° R, wa at the minimum dR

decreases_ reflecting the increase in available Fn/w a discussed under

figure 18. The value of ZR_ which would increase steadily with tem-

perature if _ were constant_ shows no consistent variation with tem-

perature in figure 19(a) because _ was varied as previously discussed.

The variation in Wsh with temperature at a fixed dR reflects the

variation in ZR"
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In figure 19(b) are shown Wg, Q (exclusive of heat lost to the
moderator), and airplane L/D. As T5 increases from 2000° to 2600° R,
the minimum Wg decreases from 410,000 to 291,000 pounds at minimum

i
operable dR of 7_ and 5 feet, respectively_ the minimum Q decreases
from 425_000to 532,000 Btu per second_ and the airplane L/D decreases
from 5.84 to 5.52.

In order to showa more detailed picture of the foregoing results_
as in case II, a specific dR (5.0 ft) was selected from a study of
figures 18 and 19, and case Ilia of table I was prepared. Results for
a T5 of 2600° R_ at _ of.0.49_ are shownin the table. As in
case II, the dR indicated in the table was selected by a compromise

between the requirements of low Wg and relative insensitivity of the
performance parameters to dR.

Effect of fuel plate thickness. - Inasmuch as the high T S and T5

and small e of case III result in attractive values of dR and Wg,

it is of interest to determine whether the performance is significantly

impaired by the use of thicker fuel plates. Accordingly_ computations

were made for _ of 0.07 inch herein designated as case IIIB_ and a

comparison of cases IliA and IIIB is shown in figure 20.

The _nalysis for case IIIB showed that with the 0.07-inch ceramic

plates, the minimum suitable dR is about 5.5 feet_ the corresponding

Wg is 518_000 pounds, Q is about 370_000 Btu per second_ and _R is

4.1 feet. Thus, for the same _R in cases IliA and IIIB, the increase

in e from 0.01 to 0.07 inch results in an increase of 0.5 foot in dR

and 27_000 pounds in Wg. The relative stresses for the two values of

are discussed later. A more detailed picture of case IIIB is shown
in table I.

Effect of compressor pressure ratio. - Figure 21_ which is analo-

gous to figure i0 of case IIA and figure 18 of case IIIA_ shows the

curves of available and required Fn/W a as functions of Wa/A R for

P2/P I of 15_ 20_ and 25_ at T5 of 2600 ° R, and for dR of 4_ 5j 7_

and i0 feet. The value of _ for all cases was 0.49. The solid curves_

representing (Fn)avail, are uniquely determined by the temperature and

pressures of the systems. The dashed curves of the figure represent

within !1 percent the (Fn)re q at the indicated dR and P2/PI. The

figure shows that although the minimum attainable dR is slightly less

than 4 feet for a P2/PI of 25_ a dR of 4 feet is possible at P2/PI

UO
_O
C_
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of 20, and dR values smaller than 5 feet are possible for a P2/PI

of 15; hence, a P2/PI between 15 and 20 appears the best practical

choice for T5 of 2600 ° R.

Figure 22 shows the values of performance parameters as functions

of dR for the same operating conditions as listed for figure 21. In

figure 22(a) are shown Wa, total engine weight, _R, and Wsh; in fig-

ure 22(b) are shown Wg, Q exclusive of losses, and airplane L/D.

Figure 22 shows that at each value of P2/PI tee variations of the

parameters with dR are essentially the same as those shown in fig-

ure 19. Examination of figure 22 indicates only slight variation of

the over-all parameters with P2/PI. Although the figures show that

a P2/P1 value of 25 gives the lowest dR, Wg, and Q, the curves

also indicate that the performances at the lower P2/PI are only

slightly inferior, and hence that a P2/PI between 15 and 20 appears

a suitable choice for T5 of 2600 ° R. The detailed performance at a

P2/PI of 15 has been discussed and a suitable point is tabulated as

case IIIA of table I. A similar tabulation for the best point of the

analysis (P2/PI, 25), herein designated as case IIIC, is also pre-

sented in table I.

Thermal stresses. - The steady-state fuel-surface stresses for the

reactors designated as case IliA, I!IB, and IIIC of table I of this

report were computed to be as follows:

Reactor

designation,
Case III

A

B

C

Plate

thickness

g,

in.

O. Ol

0.07

O. Ol

sec ft 2 OF

0.069

O. 083

0.103

8Y_pe£S

0.002158

0.01817

0.003637

0.151

.500

1.000

0.151

.500

1.000

O.lVOl
.500

1.000

_E8 S psi

0.010296 73200

,002889 2,020

.001439 1,O10

0.02510 17,600

.01212 8,480

0.01577 9,500
.00488 2,940

.00245 1,460

The stress table shows, as previously under case II, that the

stress is strongly dependent on plate thickness and conductivity.
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It is noteworthy for the 0.07-inch plate of case IIIB that the heat gen-
eration parameter q"'_2/SKpe_ S has too large a value if the conduc-
tivity of MoSi2 continues to decrease at the rate shownin figure 14(a)
in the temperature range between 700° and i_60° R. For the combination
q'''¢2/8K_ee S = 0.01817 and KDs/KDe= 0.151, the conductivity in the
plate interior becomes"zero," as indicated in reference 9. The ther-
mal stress for this case cannot be computed. Even for KpS/Kpe equal
to 0.50_ the stress exceeds 17_000pounds per square inch and the
desirability of plates thinner than 0.07 inch is evident. Concerning
thermal shock3 it maybe assumed_as indicated in case II_ that the
maximumtransient stress will not differ substantially from the steady-
state value.

Summary comparison of cases I/ II_ and III. - For ready comparison

of the principal cases herein considered_ figure 23 is presented. The

individual curves of the figure have already been discussed in detail

in the body of the report.

O_
U3
_D
O3

SUMMARY OF RESULTS

A study has been made of some considerations involved in the use

of high-temperature materials for a nuclear-powered direct-air-cycle

aircraft to fly at 35,000 feet at a Mach number of 1.5. For the assump-

tions made herein the results are as follows:

i. For a system employing metal elements of O.Ol-inch thickness

and operating at a compressor pressure ratio of 15, a reactor fuel

temperature of 2060 ° R_ and a turbine-inlet temperature of 1900 ° Rj

the smallest reactor diameter was about 9.5 feet, and the aircraft

gross weight was about 535,000 pounds.

2. For design conditions that may not require much development_

namely a system employing ceramic elements of 0.07-inch thickness, and

operating at a compressor pressure ratio of 15_ a reactor fuel tempera-

ture of 2660 ° R, and turbine-inlet temperature of 2000 ° R_ the smallest

reactor diameter was about 8.5 feet_ and the aircraft gross weight was

about _80_000 pounds. When the plate thickness was reduced to 0.01 inch

and all other conditions were left unchanged, the smallest reactor diame-

ter was 8.0 feet and the gross weight 4A2_000 pounds. The thermal

stresses in the 0.01-inch plate were less than one-seventh of the

stresses in the 0.07-inch plate.

3. For temperatures in the range that requires majdr materials

development (reactor plate surface temperature, 2980 ° R; turbine-inlet

temperatures greater than 2000 ° R) the gross weight and the reactor

diameter both decreased with increasing turbine-inlet temperature in

the range investigated (2000 ° , 2300 °, 2800 ° R).
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4. For a ceramic system employing fuel elements of O.Ol-inch thick-

ness and operating at a compressor pressure ratio of 15, a reactor fuel

temperature of 2960 ° R, and a turbine-inlet temperature of 2600 ° R, the

smallest reactor diameter was about 5.0 feet; and the aircraft gross

weight was about 292;000 pounds. When the plate thickness was increased

to 0.07 inch and all other conditions were left unchanged; the smallest

reactor diameter was 5.5 feet and the gross weight about S18_000 pounds.

The thermal stresses in the 0.01-inch plate were less than one-eighth of

the stresses in the O.07-inch plate.

5. For compressor pressure ratios in the range requiring component

development (pressure ratios greater than 15) the gross weight and

reactor diameter decreased only slightly with increasing pressure ratio

in the range investigated (15, 20; and 25).

6. The most attractive performance on the basis of reactor diame-

ter; reactor heat release; and airplane gross weight was obtained for

a reactor fuel plate surface temperature of 2960 ° R; a turbine-inlet

temperature of 2600 ° R; and a compressor pressure ratio of 25. For

these conditions and for a fuel plate thickness of 0.01 inch the per-

formance was as follows: reactor diameter_ 4 feet9 reactor length;

4.0 feet; airplane gross weight_ 279;000 pounds; and reactor heat

release, 284,000 Btu per second. This performance was only slightly

better than the best performance at a compressor pressure ratio of 15.

Lewis Flight Propulsion Laboratory

National Advisory Committee for Aeronautics

Cleveland; Ohio; November 17, 1952
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A a

A c

AF

A0

CD

Cf

CL

(cT,) x

(eL)opt

CV

Cp

Cp,_

e V

Df

Dnose

APPENDIX A

SYMBOLS

The following symbols are used in this report:

air flow area, sq ft

compressor frontal area, sq ft

area downstream of sudden expansion or contraction, sq ft

•fuselage frontal area, sq ft

full expansion nozzle exit area, sq ft

reactor frontal area, sq ft

area upstream of sudden expansion or contraction, sq ft

coefficient of wave drag

coefficient of friction

lift coefficient

maximum lift coefficient at landing

optimum lift coefficient at design condition

exhaust nozzle velocity coefficient

specific heat at constant pressure, Btu/ib-°R

specific heat evaluated at average film temperature,

Btu/ib-OR

specific heat at constant volume, Btu/ib-°R

fuselage drag, Ib

friction drag, Ib

boattail drag, ib

nose section drag, ib

o_
uo
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Dt

Ow

Dw

Dy

Dz

dc

de

dF

aF'

dh

do

dR

dx

E

Fj

F n

(Fn)avail

(Fn) req

f

G

g

h

hay

tail drag, i]3

wave drag, ib

wing drag, ib

main body section drag, Ib

boattail section drag_ ib

compressor diameter, ft

equivalent diameter_ ft

fuselage diameter, ft

engine circle diameter, ft

turbine hub diameter, ft

nozzle exit diameter, ft

reactor diameter, ft

nose cone base diameter_ ft

modulus of elasticity, ib/sq in.

jet thrust, Ib

net thrust, ib

available net thrust, ib

required net thrust, ib

friction factor

friction factor based on modified film Reynolds number

mass velocity_ oV_ ib/sq ft-sec

acceleration due to gravity, ft/(sec) _

local heat transfer coefficient, Btu/sec-sq ft-°R

average heat transfer coefficient in reactor_ Btu/sec-

sq ft-°R
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J

K

KpS

L/D

(L/D)w

Z

Zb

Zc

ZN-

Zp

ZR

ZT

Zx

Zx;l

Z
Y

Zy;l

Zz

M

P

mechanical equivalent of heat_ ft-lb/Btu

thermal conductivity; Btu/sec-ft-oR

conductivity of plate material at temperature of cooling

environment; Btu/sec-ft-OR

conductivity of plate material at temperature of plate sur-

face; Btu/sec-ft-OR

conductivity of air at average film temperature_

Btu/sec-ft-°R

airplane lift-drag ratio

maximum possible wing lift-drag ratio at design conditions

actual wing lift-drag ratio

length; ft

diffuser length; ft

compressor length; ft

slant height of boattail section; ft

plenum chamber iength, ft

reactor length; ft

turbine length_ ft

length of nose cone section; ft

length of nose cylindrical section; ft

length of main body section; ft

distance from diffuser inlet to face of end shield; ft

length of boattail section; ft

Mach number

Mach number upstream of sudden expansion or contraction

total pressure; lb/sq ft
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P

Pd

Pu

Q

q

q,,

q,,,

R

SR

Sw

Ta

Tar

Te

TS or

t

tav

t_

V

Vd

t$

static pressure, ib/sq ft

static pressure downstream of sudden expansion or

contraction_ ib/sq ft

static pressure upstream of sudden expansion or

contractionj ib/sq ft

Prandtl number with gas properties evaluated at average

film temperature

reactor heat release rate_ Btu/sec

dynamic pressure_ ib/sq ft

heat flow rate per unit area_ Btu/sec-sq ft

volumetric heat generation rate, Btu/sec-cu ft

gas constant for air_ 53.4 ft-lb/lb-°R

modified Reynolds number with gas properties evaluated at

average film temperature

reactor heat-transfer surface_ sq ft

surface area of wing, sq ft

air total temperature_ OR

average total temperature, OR

total temperature of cooling environment_ OR

reactor fuel plate surface temperature_ OR

film total temperature_ OR

static temperature, OR

average static temperature_ OR

film static temperature_ OR

velocity_ ft/sec

velocity downstream of sudden expansion or contraction,

ft/sec
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VZ

Vu

vR

We

Wg

wR

Ws

Wsh

wT

w a

cg

5

_f

_m

6

8

8S

v

landing speed, ft/sec

velocity upstream of sudden expansion or contraction,

ft/sec

volume of reactor fuel plate, cu ft

compressor weight, ib

airplane gross weight, Ib

reactor weight, ib

structure weight_ Ib

shield weight, Ib

turbine weight_ ib

air flow_ ib/sec

reactor free flow ratio

coefficient of thermal expansion, ft/ft-°R

ratio of specific heats, Cp/C v

ratio of total pressure at flight condition to sea level

static pressure, P/2116

static pressure drop, ib/sq ft

friction pressure drop, ib/sq ft

momentum pressure drop, ib/sq ft

reactor fuel plate thickness_ in. or ft

ratio of total temperature at flight condition to sea

level static temperature, T/519

temperature difference between fuel plate surface and

cooling environment, oR

air viscosity at average film temperature, ib/sec-ft

Poisson's ratio

o_
uo
<o
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0

Oav

0av,R

Od

Ou

CS

OSO*

Subscripts:

0

I

2

3

4

5

6

weight density_ ib/cu ft

average air density, ib/cu ft

average reactor densityj ib/cu ft

density downstream of sudden expansion or contraction,

ib/cu ft

sea level standard densit_, Ib/cu ft

density upstream of sudden expansion or contraction,

ib/cu ft

stress at surface of reactor fuel plate, ib/sq in.

dimensionless steady-state surface stress

free stream

compressor inlet

compressor outlet

reactor inlet

reactor outlet

turbine inlet

turbine outlet
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APPENDIXB

AIRPLANECONFIGURATIONANDMETHODSOFPERFORMANCECALCULATION

This appendix presents the procedure employed in the report in
determining the airplane design-point configuration_ aerodynamic drag
of wing-body configuration_ componentsizes and weights_ and the engine
cycle performance.

Configuration

Selection of wing. - A delta wing was assumed having a double-

wedge airfoil section_ A percent thick_ with a maximum thickness at

20 percent chord. The sweep angle and the data for calculating the

wing L/D were taken from an unpublished NACA survey for supersonic

aircraft. The method of determining the wing L/D is presented later.

Fuselage. - Design of the fuselage (fig. i) consisted in:

(i) Determining the length and diameter of the main body section

required to house the diffuser, engines_ reactor_ and shield; (2) dimen-

sioning the nose section to provide space for the crew compartment_ a

50-foot separation between the crew compartment and reactor shield

face, and good aerodynamic characteristics (low over-all drag) for

this section; and (S) determining the boattail length and taper angle

to provide an adequate full-expansion exhaust nozzle with minimum drag.

Main body section. The diameter of the main section was deter-

mined by the larger of the quantities: engine circle diameter dF'

or the shield support outside diameter dF as shown in figure 5. The

value of dF' was obtained by assuming six engines located in a ring

(fig. 5) with Wa/A c of 30 pounds per second per square foot. This

flow corresponds to a compressor-inlet Mach number of 0.65. Thus_

w-_a_ = 30 ib/sq ft (BI)

A c 51

and for each engine

i i (B2)
Ac - 6 SO 51 Wa

O_

_D
C_
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The value of dF (fig. 5(b)) was taken as dR plus twice the sum of

5-inch reflector thickness, the 36-inch shield thickness, and the

6-inch support ring thickness.

The length of the fuselage main section was determined by the

lengths of the internal components (that is, diffuser, compressor,

two plenum chambers, reactor, shield, and turbine, see fig. 5). A

design-point diffuser was assumed, and the air inlet was visualized

as an annular space surrounding the base of the nose cone. Assump-

tions for component lengths were as follows: (i) diffuser length _b,

6 feet; (2) the compressor length _c, 1.5 times its diameter which

was determined from equation (B2); (3) the plenum chamber lengths _,

1.0 foot each, which allows sufficient area in a radial direction for

the air to enter and leave the shield; (4) 6 feet of water fSr the sum

of the end-shield thicknesses; (5) turbine length, _T 2 feet_ and

(6) a shadow shield and miscellaneous requirements, 6 inches. (_R was

determined from the heat-transfer calculations.) The sum of these

lengths composes the length of the main body section, Zy:

_y = 1.5 d c + ZR + 16.5

Zy,l : 1.5 dc + Zb = 1.5 dc + 6

Nose section. - The nose section was assumed to be a cone plus a

cylinder (fig. 6). The cone base-to-height ratio (_/d)x is 6, (vertex

angle of 9.6o), corresponding to approximate minimum friction plus wave

drag. The length of the cylindrical section was in every case adjusted

to maintain the crew compartment at a distance of 50 feet from the

shield face. The nose cone base diameter dx was determined by the

required flow area at the diffuser inlet and the previously determined

fuselage main section diameter dF (fig. 6).

dx 24 = _ dF2 - Aa: (Bs)

where for a flight Mach number of 1.5,

, AeF_"I w a
Wa'L-m 42.75 or A a (B6)
Aa51 = - 32.75

therefore from equations (B5) and (B6)

dx _ dF2 Wa (BT)= - 25.7
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For the range of air flows considered_ the corresponding cone
height Zx = 6dx is always greater than 60 feet and will accommodate
the crew compartment_the dimensions of which were taken from refer-
ence i. In figure 6 it is seen that a fixed length of 60 feet was
assumedfrom the rear of the crew compartmentto the cone vertex. As
the air flow is increased for a fixed dF, d_ becomessmaller in order
to provide passage for the air_ and Zx becomesshorter. Consequently
the cylindrical section Zx_l must becomelonger in order to maintai_
the 50-foot separation between crew compartment and shield face. Thus_
in the analysis the distance from the cone apex to the shield face is
fixed at ii0 feet. The lengths Zx, Zx_l_ and Zy vary with air flow
and fuselage diameter.

_x,l = ii0 - (_x + _y,l) (B8)

where

_x = 6dx

and from equation (B4)

Zy,l = 1.5 dc + 6.0

Boattail section. - The exhaust gases from the six turbines were

assumed to discharge into a single exhaust area (fig. 7). The area

ratio Ao/A F was determined_ and the ratio of nozzle length to base

diameter Zz/dF was optimized using wave drag coefficients from ref-

erence ii to give minimum boattail wave plus friction drag. Assump-
tions for the calculations were:

(i) turbine-exit Mach number M6 = 0.70

(2) turbine hub-tip ratio dh/d T = 0.80

(5) A0/A6 determined at P6/Po for a full expansion nozzle.

The equation obtained for.determining A0/A F and d O is:

AO l 0V
-- -- \ P6 /\AF/

(B9)

The nozzle surface length ZN in terms of do_ dF, and Zz is:

+ Zz2 (BIO)

UD
_o
C_
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Aerodynamic Drag

Wing and tail drag. - The required thrust for level flight is given

The wing drag Dw

lift-drag ratio.

the wing drag.

(Fn)re q = Dw + D t + DF (B11)

is a function of the airplane gross weight and wing

The tail drag D t was assumed to be i0 percent of

Therefore, equation (BII) becomes

(Fn)re q = _ + DF (BI2)

The wing lift-drag ratio was obtained from an unpublished NACA

analysis on maximum wing L/D for supersonic flight_ and containing

data on optimum design lift coefficients and maximum wing L/D. The

following equation was derived from standard lift-drag relations_

w_g!

= % qo (B13)

I i7
2 (L)max CL)°pt + (CL)op t J

where the wing loading Wg/S w is given by:

Wg (CL)ma x PsZ (BI4)= 2g V_2

These equations were solved with the aid of the following assumptions:

(i) a 4 percent thick delta wing

(2) maximum wing thickness at 20 percent chord

(3) a landing speed V_ of iS0 mph

(4) a maximum landing lift coefficient (CL)max, _ of 1.3S5

(ref. 12)

(S) optimum lift-coefficient at the design point (CL)op t of 0.18S
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(6) the maximumpossible wing lift-drag ratio (L/D)max at the
flight Machnumber of 1.5 is i0.i

(7) the wing skin friction drag coefficient used to obtain the
(T/D)m is 0.OO6

From equation (14) and the assumptions

Wg/Sw = 76.8 ib/sq ft

From equation (BI3) and the assumptions listed, the operating wing L/D
is:

= 8.3

Fuselage drag. The fuselage drag consists of the wave and fric-

tion drag of the nose_ main, and boattail sections.

The nose section drag consists of the cone drag and straight
section drag (fig. 6). The cone was assumed to have the yon Karman

parabolic profile (ref. 13) and its wave drag is given by

dx2

DW, x : Axqo Zx (B!S)

The cone friction drag is given by:

_X

Df'x = _dxCf'x cos 4.8 ° qo (BI6)

From reference 14 an average Reynolds number of 280><106 was obtained

for the cone, and from reference ii a corresponding friction coefficient
was obtained.

Cf, x = 0.002

The drag for the straight section of the nose _x_l is given by

Df,x_l = _dx _x,l qo Cf,x_l (BI7)

where Cf_x_ I = 0.0025 corresponding to a Reynolds number of 86×108 .

Combining equations (B!5), (BI6), and (BI7), and substituting the

values of Cf, q0_ _x used in this analysis result in

O_
tO
_O
C_
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_O
Oh

_D

Dnose = 31.9 dx2 + 6.15 dx (ii0 - Zy,l - 6dx) (BI8)

The main section consists of.a cylindrical surface and only fric-

tion drag was considered.

Df,y = _dF Zy q0 Cf,y (BIg)

where Cf_y = 0.0023, corresponding to an average Reynolds number of
75X106 .

Thus ;

nf,y = 5.66 x 0.0025 (1.s d e + zR + 16.5) (B20)

The boattail section consists of a truncated cone (fig. 7) and

both friction and wave drag are considered.

DW, z = CD q0 AF

dF + do1Df,z = Cf;z q0 _ 2 ZN

For an average Reynolds number of 85X106_ Cf_ z = 0.0025.

equations (B21), (B22), and (BIO) and Cf, z

A 0 do_ 2

DN = qo AF D + 0.005 + } - dF] +

Values of CD

reference ll.

(B22)

Combining

dF]] (B23)

corresponding to A0/A F and _z/dF were obtained from

Weight Calculations

The following weight analysis was made to include the weight of

structure, reactor_ shield, engines, and auxiliary equipment.

Structure. - The structure was assumed to consist of wing_ tail;

body, landing gear; and all ducts and valves. The variation of struc-

ture weight was accounted for by assuming a constant ratio of structure-

to-gross weight.

Ws

- 0.375
Wg
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The weight data for determining this ratio were obtained from
reference 15.

Reactor. - The reactor weight was assumed to be composed of struc-

ture, moderator_ and fuel mate_rials occupying 48 percent of the reactor

volume.

Water moderator volume : 0.65 (0.48 vR)

Aluminum structure volume : 0.15 (0.48 VR)

Insulating Si02 volume = 0.20 (0.48 VR)

Fuel plate volume = (0.52 - _)(VR)

Void volume = _v R

The average reactor density for these assumptions is

Pav,E = 47.5 + 581 (0.52 - _)

and the reactor weight

(B24)

WR = (_ ZRI Pav, R (B25)

Shield weight. - A divided shield system was assumed_ and the cver-

all computed weight included:

(i) A S-foot water shield around the reactor

(_R + 6) L[(dR _ 6.855)_ (dR + 0.855)_ +Wsh,l = 62.4 _

o.s33)zs2. (c) (a s (szc)

(2) A lead shadow shield assumed to be a _.5-inch-thick disk with

a O.O!5-inch steel cladding. The diameter was taken equal to the

engine circle diameter (fig. 5).

Wsh,Z = IIV i3dc)2 (B27)

(3) A 5-inch thick reflector around the reactor composed of beryl-

lium and stee!_ the combined density of which is assumed to be

222.5 pounds per cubic foot.

_D
to
C_
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Wsh,3 = 222.5 _ _R dR + 0"833)2 - dR

(4) A steel shell container i/8-inch thick, surrounding the water
shield.

Wsh,4 = 8 (dR + 6.833) 2 + 16 _R (dR + 6.833) (B29)

35

(B28)

(5) A crew compartment from reference i.

Wsh_5 = 40;000 Ibs

Engine. - The engine weight was assumed to consist of the combined

weights of the compressors, turbines; and shafts. The compressor weight

from reference 16 i_

We = 467 w a _ in (B30)
PI

The turbine weight also from reference 16 is:

in (B31)
WT = 1315 w a p--_-

The six shafts were assumed to be hollow# each with torsional strength

equal to that calculated for a solid shaft in the following equation

from reference 17:

transmitted horsepowerdiameter of solid shaft = 65.5 (rpm) × (allowable shear stress)

The horsepower was computed from the compressor work# the speed was

assumed to be 6000 rpm_ and the allowable shear stress (ref. 17) was

assumed to be 4000 pounds per square inch. The ratio of hollow shaft

diameter to solid shaft diameter was assumed to be 1.030. The ratio

of the inner to outer diameters of the hollow shaft is O.54_ and the

weight of the hollow shaft is 0.751 of the solid shaft (ref. 17).

Cycle Performance

The methods of com_uting the cycle performance are the same as in

reference 16. The assumptions for this analysis are:

SECRET
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Pi
diffuser total pressure ratio P0 0.95

compressor small-stage efficiency

turbine adiabatic efficiency

exhaust-nozzle velocity coef-

ficient (full expansion) Cv

0.88

0.90

0.97

The available net thrust per pound of air per second was obtained

from the following equation:

where

(Fn)avaii = Wa(_a V_O1

Fj 2JcpT_ Ip_Y
-- Cv _ - _,_] j

p0 \p0/

P3/P2 was determined from the pressure drop calculations.

(B32)

(B33)

and

O_

c_
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APPENDIXC

cm

_o

SUDDEN EXPANSION AND CONTRACTION

The relations between upstream and downstream gas conditions for

sudden expansion and sudden contraction of the duct were derived as

follows. If the subscripts u and d represent upstream and down-

stream, respectively_ and the remaining symbols are as defined in

appendix A, the general energy equation for an adiabatic flow in

which elevation terms are negligible is

Pu Vu2 Pd Vd2
-- + + Jcvtu = -- + + JCvtdpu _ Pd

(ci)

An alternate form of equation (CI) is obtained by use of the following

relations:

Cp - cv = R/J;

Cp/C v = y;

t ip
R 0

By use of these relations, equation (Ci) can be written

y Pu

y-i Ou

Vu2 T Pa Vdz (Cz)
+ 2g - y-1 pd + 27

and can then be rearranged as

u[u-I lI l]- - (c3)

The Mach number of a gas flow is

or
(c4)
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By use of equations (C4) in (C3),

The continuity equation for a steady one-dimensional flow is

(c5)

or

Pu Au Vu = Pd Ad Vd

Vd Ou Au

Vu Pd Ad

(cs)

By use of equations (C6) in (C5)

-
This equation was employed both for sudden expansions and for sudden
contractions.

O_
uO
<O
04

Sudden Expansion: - Momentum Equation

For subsonic flows the static pressure on face CF (accompanying

sketch) has been established experimentally to be Pu, the same as that

u d

u F El
d

of the Jet issuing from section u-u. The length CD in which the

downstream pressure Pd is established is approximately 4.5 equiva-

lent diameters of the upstream passage (ref. 8), and if the shear along

the surface of the downstream passage in this short distance can be
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D_
_D

neglected the net axial force on the fluid is (pu-Pd)Ad.

W a

of change of axial momentum is ---(Vd-Vu). Then
g

The rate

W a

(pu-Pd)Ad=_(Vd-Vu) (c8)

If _ is defined by

Au
C_ --

Ad
(c9)

equation (C8) can be written

pu - Pd = _ (va-Vu): _ (PuVu)(Vd-Vu)=_ _uVu2 -

or, by means of equations (C6) and (C9) and rearrangement,

i
Pd

Pu

Y_ Vu 2 -- _

by equation (C4),

-- = 1 + ]f<z 1 - c_ (CiO)
Pu

Substituting equation (CIO) into (C7) and solving the quadratic equa-

tion for pu/Pd give the following expression:

_u (l+_ Mu _) - _(l+_ Mu2) _ - (_+l)(_ Mu) 2 2 + (_-i) Mu 2

(CII)

Equation (ell) provides 0u/0 d and equation (CIO) then provides pd/p u.

(Eq. (Cll) requires use of an adequate number of significant figs. to

provide accurate results. )
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Sudden Contraction: - Isentropic Relation

In contracting to the entrance of the narrow passage the fluid

undergoes a shear stress on the face CF (accompanying sketch). If

d

u]C[

-. I

this shear is negligible by comparison with the static pressure

decrease_ the process is approximately insentropic; hence_ before

the vena contracta loss downstream of section d-d is experienced,

Pu \%/

On substituting equation (C12) in (C7), and on defining

T-I Mu2 i
1 kPu/ = 2

a2

(C12)

A d

(Ci5)

This equation may be solved graphically for pd/Pu_ and equation (C12)

then provides pd/p u. For the cycle calculations_ these static pres-

sures were converted to total pressures by use of the standard
relations.

LO
"_D
C_
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APPENDIXD

PO

O_

O7

<O

THERMAL STRESS AND SHOCK

Steady state. - In reference (9) it is shown that the steady-state

temperature distribution and the corresponding thermal stress distribu-

tion are governed by the parameters q'''_2/8Kpee s and Kps/Kpe. The

first parameter was obtained as follows: From the heat balance,

q'' = h (TS-Ta)

and for a heat-generating plate equally cooled on both faces,

Therefore;

q,,,_2 i h_ TS-Ta

Sr eOs 4 OS

The stress is greatest where q'''a2/SKpe8 s has its greatest value,

and for a theoretically isothermal reactor surface the greatest value

occurs at a short distance beyond reactor inlet. Inasmuch as neither

the local value of h nor the local value of T a was precisely known

near the reactor inlet, the average reactor heat-transfer coefficient

hay and the inlet-air temperature TS were employed as first approxi-

mations. The arbitrarily assignable reference temperature Te, which

occurs in the definition

@S =- Ts-Te

was also assigned the value T3. Hence,

Ts-Ta ~ _s-T5

8S T S-T S
-i

and therefore at the reactor inlet, where the severest stresses occur,

q,,,_2 ~ i hav e

S e0S

SECRET



4g SECRET NACA RME53CI8

In evaluating K_e and Kps/Kpe of fuel-impregnated plate, the

available experimental data (ref. lO) for pure MoSi 2 were employed.

The thermal conductivity of MoSi 2 has been experimentally determined

for temperatures from 700 ° to 1460 ° R (fig. 14(a)) and it was assumed

that the linear variation exhibited in this temperature range could

be extrapolated to 1565 ° R; hence Kpe was assumed known for compres-

sor pressure ratios to 25. Stresses were computed for several possible

values of Kps/Kpe , inasmuch as the actual variation in conductivity

of MoSi 2 at temperatures substantially higher than 1460 ° R has not

been experimentally determined.

For combinations of values of the parameters q'''_2/SKpe_S and

KpJKpe the dimensionless surface stress_ aS(1-v)/_ESsj was obtained

from figure l_(b) of this report; this figure was taken from reference 9.
The actual stress was then obtained by assuming that fuel-impregnated

MoSi 2 has the same physical properties as pure MoSi2, that is,

E = 56x106 pounds per square inch, v _ 0._ and _ = S.4Xl0 -6 °R-l.

Thermal shock. - In (ref. 9) it is shown that the transient tem-

peratures and thermal stresses in a heat-generating plate of linearly

variable conductivity are governed by the initial temperature distri-

bution (that is by q'''_2/8Kpee S and KpS/_e) and by the parameters

h_/2Epe , Kps/Kpe , and the Fourier number. It was assumed, for lack of

precise information_ that in the reactor inlet region the air tempera-

ture in the first fractions of a second after emergency shut-down would

not differ much from the original steady-state value_ and T e was

taken equal to T5. Thus Kps/Kpe in the transient state was assumed

to be the same as in the steady state. It was also assumed that the

heat-transfer coefficient in the first instants of the transient state

was the same as in the original steady state; hence, h_/2Kpe was the

same for the transient and steady states. If these assumptions do not

differ much from the realities_ it follows from reference 9 tYat the

maximum transient stress will occur at the instant of immersion_ and

will not differ substantially from the maximum steady-state stress.

Reactor after-heat would help minimize any tendencies toward shock.

(D
uO
uD
C_
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engines_
section.

- Schematic view of main body section showing arrangement of

shafts, shields, and inlet dTffuser 3 and dimensions of main
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